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SUMMARY 
Experiments were conducted with gaseous hydrogen and liquid oxygen 
in uncooled rocket chambers of ZO,OOO-pound thrust at a chamber pressure 
of 300 pounds per square inch absolute. A showerhead injector was used. 
Data were obtained with from 11 to 24 percent hydrogen in the propellant 
and with three combustion-chamber lengths. Specific impulse ranged from 
94 to 98 percent of theoretical for equilibrium expansion, highest values 
occurring at the highest percent fuel mixtures. Maximum specific impuise 
was 350 pound-seconds per pound at 23.5 percent hydrogen. Performance 
was unaffected by changes in combustion-chamber length which varied the 
distance from the injector to the throat from 17.8 to 7.8 inches. 
INTRODUCTION 
The hydrogen-oxygen propellant combination offers very high specific 
impulse. The maximum theoretical performance is within 5 percent of 
that of the hydrogen-fluorine combination, which is the highest obtain- 
able with any stable chemical propellants. The experimental performance 
and operating chsracteristics described in this report for gaseous hydro- 
gen with liquid oxygen were determined as a prepsratory step for investi- 
gations with liquid hydrogen in regeneratively cooled engines. 
Hydrogen has unique physical properties which make it desirable as 
a rocket fuel. Its low viscosity, high specific heat, and low critical 
pressure make it an excellent regenerative coolant. Hydrogen enters the 
combustion chamber above its low critical temperature after cooling the 
thrust chamber. This gives the advantage of achieving complete combus- 
tion in a smaller chamber, since time is not required for vaporization 
of the fuel. 
%Title, Unclassified. 
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One disadvantage is the low boiling point of hydrogen. Also, its 
low density produces a significantly lower over-all density than most 
other propellants; about one-quarter of the propellant weight must be 
hydrogen if maximum specific impulse is achieved with oxygen. A low 
density results in larger tanks and greater structural weight in a 
missile. 
When used with oxygen, hydrogen offers a combination in which 
neither the propellants nor the exhaust products are toxic or corrosive. 
Therefore, the handling and firing problems are greatly simplified. 
Small-scale engine tests (loo- to 500-lb thrust) have been made 
‘(refs. 1 and 2) to investigate performance and regenerative cooling with 
the hydrogen-oxygen combination. Work has also been done at 400- and 
3000-pound thrust (refs. 3 and 4). In addition, a study of injection 
fundamentals with hydrogen and oxygen at 200-pound thrust was made 
(ref. 5). Engine experiments at thrusts greater than 3000 pounds are 
lacking. 
The following were investigated at 20,000-pound thrust at a 
chamber pressure of 300 pounds per square inch absolute: 
(1) Experimental performance potential 
(2) Space required for complete combustion 
(3) Effect of percent hydrogen in the propellant on performance 
parameters 
(4) Engine operating characteristics such as combustion stability 
Gaseous hydrogen, at ambient temperature, was used rather than 
liquid hydrogen because the engines were not regeneratively cooled. 
With cooled engines the hydrogen entering the injector would be con- 
siderably above its critical temperature. The injector used was a 
showerhead type. Uncooled steel thrust chambers with refractory coat- 
ings were used. Runs were made with from 11 to 24 percent hydrogen in 
the propellant. Experimental specific impulse, characteristic velocity, 
and thrust coefficient are shown as functions of percent fuel for three 
combustion-chamber lengths. 
EQUIPMENT AND PROCEDURE 
Facility 
Figure 1 shows three of the four main parts of the facility. In 
the center is the test building, which houses the engine test stand, 
high-pressure propellant tanks and piping, and service areas. The stack 
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A few test runs were made in air at a Mach number of 6.9 in an 
attempt to correlate data on flutter models tested in two mediums. 
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-Is 
free-stream speed of sound, ft/sec 
semichord, in. 
pressure coefficient 
chord, in. 
shaft width, in. 
frequency, cps 
mass moment of inertia about the elastic axis per unit 
length, slug-f#/ft 
Mach number 
mass per unit length, slugs/ft 
stagnaticn pressure, lb/sq ft 
dynamic pres.sure, lb/sq ft 
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a stiffness-altitude parameter 
static unbalance about the elastic axis per unit length, 
positive for center of gratity back of elastic axis, 
slug-ft/ft 
shaft thickness, in. 
free-stream velocity, ft/sec ' 
downwash-velocity, ft/sec 
elastic-axis position in fraction of the chord, measured from 
the leading edge 
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i 
j ) , 
mass of model divided by mass-of fluid contained in a cylinder 
.determined by the model, m/rcpb2 
density of test medium, slugs/cu ft 
maximum thickness of model in fraction of the chord 
circular frequency, radians/set 
Subscripts: L' 
C calculated quantity 9” I 
9 1 
e experimentally determined quantity 
f quantity at flutter 
h bending mode 
a torsion mode 
co free-stream conditions 
APPARATUS 
Langley Hypersonic Aeroelasticity,Tunnel 
Most of the tests were performed in the Langley hypersonic 
aeroelasticity tunnel which uses helium as a test medium.. ‘A sketch of 
this blowdown tunnel is shown in figure 1. The nozzle tied in the tests 
has circular cross sections with a 1.&l-inch-diameter minimum section 
and an 8-inch-diameter test section. Helium is supplied to the stagna- 
tion chamber atpressures up to 1,200.pounds per square inch from which 
dynsmic pressures of over 5,000 pounds per square foot are obtainable. 
The downstream end of the tunnel is connected to a vacuum chamber which 
can be operated at pressures as low as l/2 inch of mercury absolute. 
Stagnation temperature is essentially constant during a run and corre- 
sponds to atmospheric.temperature. With the available high-presstie 
helium supply, test runs are of approximately 30-second duration. 
Models are wall-mounted on a removable plate which is contoured to 
maintain a circular test section. The opposite wal1.i~ made of trans- 
parent plastic; thus, the model could be observed during the test runs. 
Mach number surveys have been made across the diameter of the tunnel at 
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from 50 to 100 feet. The water used in the silencer leaves through a 
drain and was collected in a 130,000-gallon detention tank before being 
pumped into the sewer system. Both the exhaust duct and the detention 
tank were designed as pressure vessels for 300 pounds per square inch 
to withstand possible detonations. 
Engines 
Thrust chamber. - The uncooled chambers used for all tests are 
illustrated in figure 5. The three different chamber configurations 
used in the tests are listed in the table in figure 5. Only two dimen- 
sions were varied, the chamber length (injector to throat) and the di- 
vergence angle. The chambers were designed for 20,000-pound thrust with 
sea-level expansion at a chamber pressure of 300 pounds per square inch 
absolute. The contraction area ratio was 1.9 and the expansion area 
ratio 3.68. The chambers were constructed of l/2-inch-thick carbon 
steel except for the heavier throat section. The inner surface of the 
thrust chamber was coated with an aluminum oxide refractory. 
Propellant injectors. - The injector was a showerhead type with 
axial jets for hydrogen and oxygen. A cutaway view of the injector is 
shown in figure 6. It was constructed of stainless steel with a fuei- 
cooled copper face plate. 
The fuel entered the injector around its periphery from a separate 
distribution manifold (not shown in fig. 6). After cooling the face 
plate (as drawn in fig. 6), it was injected into the chamber through 
1160 holes, 0.067 inch in diameter. Hydrogen injection velocities for 
these tests ranged from 2000 to 3500 feet per second and injector pres- 
sure drop from 50 to 250 pounds per square inch. The oxidant entered 
the injector at the back and was carried through the fuel passage in 
553 copper tubes. Each tube supplied a 0.043-inch injection hole. The 
pressure drop across the oxidant orifices ranged from 130 to 300 pounds 
per square inch. 
The fuel and oxidant holes were uniformly and symmetrically spaced 
exceptsround the periphery; only fuel was injected through the outer- 
most holes. The injection pattern can be seen in the photograph of the 
injector in figure 7. This same injector was modified for one series 
of tests. The modification consisted merely of blocking the 64 outer- 
most oxidant holes. 
Instrumentation 
Thrust. - Thrust was measured with strain-gage load cells. Three 
units in the form of Morehouse rings were fastened at 120° intervals to 
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a ring at the base on the'thrust stand. The outputs of the cells were 
summed electrically and recorded on a self-balancing potentiometer. 
Thrust calibrations were performed by applying force to the thrust stand 
with pneumatic jacks located adjacent to load cells. Extensive calibra- 
tions under various conditions of use indicated that the probable error 
in thrust measurement was 0.6 percent. 
Pressures. - Chamber pressure , propellant injection pressures, fuel- 
line pressure at the flowmeter, and propellant flowmeter pressure drops 
were all measured with strain-gage pressure transducers. The output of 
each of the transducers was recorded on both self-balancing potentiom- 
eters and a direct-reading oscillograph. Each pressure transducer was 
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calibrated prior to each operation. The probable error of the pressure 
measurements, as recorded on the potentiometers, was no greater than 
0.75 percent. 
Flow rates. - Oxidant flow was measured with a Venturi flowmeter, 
calibrated in the flow system with liquid oxygen. The calibration 
standard was the total weight of oxygen used. Large quantities of oxy- 
gen were used at steady flow for each point so that the error in weight 
measurement produced a small error in flow-rate determipation. The fuel 
flow was metered through an orifice plate machined to ASME standards. 
The probable error in flow measurements, including density determina- 
tions, was less than 1.25 percent. 
Temperatures. - Oxidant flowmeter and injection temperatures were 
measured with copper-constantan thermocouples. Liquid nitrogen was used 
as a reference temperature. Bare-junction iron-constantan thermocouples 
were used to measure fuel temperatures at the flowmeter and injector. 
A reference temperature of 150' F, maintained by an oven, was used for 
the fuel thermocouples. All temperatures were recorded on self-balancing 
potentiometers. 
Test Procedure 
Initial firings indicated that data could be obtained with runs of 
3- to 4-second duration. Starting transients lasted about 1.5 seconds, 
leaving at least 1.5 seconds of steady conditions. This time was more 
than sufficient for the fast-response instrumentation to provide accurate 
data. The engine was examined between firings in order to exclude data 
from any damaged engine. 
Firing procedure. - Engine firing was controlled by means of an 
electrical sequence timer. This timer programmed both the start and 
shutdown of the engine as well as operation of exhaust-duct-water and 
carbon-dioxide valves, the instrument chart drives, safety controls, 
and so forth. 
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Two engine starting procedures were used. Both procedures resulted 
in the engine being brought up to full thrust in about 1 second. The 
first system was a staged start, using about one-third of full running 
flows as the low-flow stage. Propellants were ignited by an external 
propane-oxygen torch. When they were burning properly, the engine was 
brought up to full thrust. A pressure-limiting switch was then used to 
prevent engine operation below a preset chamber pressure. The second 
system eliminated the staging operation. Both propellant flows were 
increased uniformly from no flow to full running flows in about 1 second. 
Ignition took place during this increase. Again, chamber pressure was 
monitored to ensure proper operation of the engine. No difficulty was 
experienced with either of the starting systems. 
Safety. - The use of gaseous hydrogen as a propellant requires a 
greater number of safety precautions than use of hydrocarbons. Hazards 
stem from the extremely wide explosive and flarmnability limits of hydro- 
gen. All lines which carried high-pressure hydrogen were first csre- 
fully purged with low-pressure gas to ensure that air or oxygen would 
not be compressed with the hydrogen. All vented hydrogen was released 
40 feet above the ground in order to aid the dispersion of the gas. The 
vent stack was continually inerted with carbon dioxide. A gas sampling 
system was used to detect any hydrogen leaks. 
Since most of the runs were fuel-rich, hydrogen accumulated in the 
exhaust duct. About 3 tons of carbon dioxide were added to the duct 
prior to firing to lower the oxygen content and hence reduce the ex- 
plosive hazard. Additional carbon dioxide was added during the shutdown 
to make up for that swept from the duct by the exhaust gases. The oxygen 
content of the duct was continually sampled to ensure that an adequately 
inert atmosphere was maintained. 
RESULTS AND DISCUSSION 
Performance 
Performance data obtained with hydrogen and oxygen sre presented 
in figure 8. Figure 8(a) shows specific impulse as a function of weight 
percent hydrogen in the propellant. The dotted curve is the theoretical 
specific impulse calculated for equilibrium expansion, a hydrogen in- 
jection temperature of 500° R, and an axial exhaust. A curve based on 
frozen-composition expansion is also included for comparison. The solid 
curve shows the performance obtained with a showerhead injector in en- 
gines from 7.8 to 17.8 inches long. There is no discernible difference 
in performance among the various engine lengths. Specific impulse 
varied from 291 pound-seconds per pound (94 percent of theoretical) at 
I 
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11 percent fuel to 350 pound-seconds per pound (98 percent of theoret- 
ical) at 23.5 percent fuel. The ratio of the experimental data to the 
theoretical is illustrated graphically in figure 8(b). 
No corrections were made to the data for either exhaust-nozzle 
divergence or thermodynamic unavailability due to the low contraction 
ratio. These corrections would total almost 2 percent for the condi- 
tions of testing. It would appear then that the specific impulse ob- 
tained in the region of peak theoretical performance (approx. 23 to 25 
percent fuel) is very near the maximum theoretically obtainable. With ';T' 
less fuel, however, performance dropped off with respect to theoretical; 
the decrease was several percent in the stoichiometric region. E 
Data obtained with the showerhead injector modified by blocking 
the outer ring of oxidant holes are included in figure 8(a). The modi- 
fication resulted in a significant drop in performance in the shortest 
engine. Specific impulse varied from 276 pound-seconds per pound 
(86.5 percent of theoretical) at 12 percent fuel to 336 pound-seconds 
per pound (94 percent of theoretical) at 22 percent fuel. These data 
indicate that maldistribution of propellants can reduce performance 
substantially. This is particularly true in the stoichiometric region 
where all the hydrogen is needed to combine with the oxygen. 
Figure 9 shows characteristic velocity and thrust coefficient as 
functions of weight percent hydrogen. A calculated pressure was used 
to establish values for characteristic velocity and thrust coefficient. 
This calculation, which is discussed in reference 6, was based on a pres- 
sure measured in the chamber at the injector and took into account the 
nonisentropic acceleration of the gases through the chamber and the high 
injection momentum of the fuel. This calculated chamber pressure was 
as much as 3 percent lower than the measured pressure, the difference 
increasing with decreasing percent fuel. 
c 
The values of chsracteristic velocity were within a few percent of 
the theoretical for all chamber lengths. The trends indicated by these 
data sre in agreement with those established by the specific-impulse 
data, including the decrease in performance with the modified injector. 
The thrust-coefficient data (94 to 97.5 percent of theoretical) show 
lowest values with respect to theoretical in the stoichiometric region, 
but the differences involved are small. The calculated values presented 
for thrust coefficient and characteristic velocity are not considered 
accurate enough to distinguish performance effects within a few percent. 
A summary of the data obtained is presented in table I. It should be 
noted that the chamber pressure tabulated is the measured injector end 
pressure, while the values of characteristic velocity and thrust coef- 
ficient are based on the calculated pressures. 
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Calculations were made of the length of chamber required to achieve 
essentially complete combustion for these experiments. The calculations 
were based on the methods described in references 7 and 8. Vaporization 
of the least volatile propellant, in this case the oxidant, was assumed 
the controlling parameter in determining the combustion efficiency. An 
approximate model describing the injector atomization and the chamber 
gas conditions was used in calculating the length required to vaporize 
the oxidant. These computations indicated that high combustion efficien- 
cies (97 to 100 percent) should be expected with the chamber lengths 
used in these experiments (17.8 to 7.8 in.) with a small reduction for 
the shortest length. 
Operating Characteristics 
No evidence of combustion oscillation was found during the testing. 
There were no indications of injector face burning during this program. 
The bulk of the cooling load was assigned to hydrogen, which was directed 
uniformly at high velocity across the entire injector face with the ex- 
ception of the oxidant orifices. The high-conductivity copper face 
tended to prevent local overheating. In addition, the showerhead in- 
jector type would tend to minimize face heating due to recirculation 
turbulence. 
In general, the uncooled engines showed good durability. However, 
the shortest engine burned through very quickly in the convergent sec- 
tion of the nozzle with the unmodified injector. In this case, the 
outermost oxidant jets aimed directly at the convergent section, which 
began only 1 inch from the injector face. The injector was modified, 
by plugging of the outermost oxidant holes, to avoid burnout. This had 
the effect of removing oxygen, and combustion, from the wall and pro- 
vided a relatively cool hydrogen-rich atmosphere. The short engine 
(7,8 in.) operated with this modified injector over the range of mixture 
ratios from stoichiometric to peak performance without damage. However, 
performance decreased as noted previously. The photograph in figure 10 
shows the effect on the combustion chambers of operation with the shower- 
head and modified showerhead injectors. 
With the longer chambers, burned streaks usually developed after 
several runs. The streaks corresponded to the regions on the injector 
where the oxidant holes were closest to the chamber wall. These streaks 
did not hamper operations, but provided tither evidence that improve- 
ments in propellant injection near the walls could be made. None of 
the engine burning was considered to be a result of combustion instabil- 
ity. Sound recordings made through a microphone located adjacent to 
the engine did not produce any audible combustion oscillations. 
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SUMMARY OF RESULTS 
Experiments were conducted with gaseous hydrogen and liquid oxygen 
in 20,000-pound-thrust uncooled engines at a chamber pressure of 300 
pounds per square inch absolute. Data were obtained with from 11 to 24 
percent hydrogen in the propellant and with three combustion-chamber 
lengths. The injector was a showerhead type. The results were as 
follows: 
1. Specific impulse ranged from 94 to 98 percent of theoretical 
for equilibrium expansion. The highest percentages of theoretical were 
at the highest percent fuel mixtures. The maximum value was 350 pound- 
seconds per pound at 23.5 percent fuel. 
2. Values of chsracteristic velocity were all within a few percent 
of theoretical. 
3. Thrust coefficient varied from 94 to 97.5 percent of theoretical 
equilibrium expansion. 
4. Performance was unaffected by vsrying the distance from injector 
to throat from 17.8 to 7.8 inches. 
5. No combustion oscillations occurred. 
6. There was no burning of the injector face. 
Lewis Research Center 
National Aeronautics and Space Administration 
Cleveland, Ohio, January 9, 1959 
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Figure 7. - c-‘L’pL12 Showerhead injector for 20,000-pound-thrust rocket engine. 
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Figure 8. - Theoretical and experimental specific impulse of gaseous hydrogen 
and liquid oxygen in 20,000-pound-thrust rocket engine. Chamber pressure, 
300 pounds per square inch absolute; sea-level expansion. 
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Figure 9. - Thrust coefficient and characteristic velocity of gaseous hydrogen 
and liquid oxygen in 20,000-pound-thrust rocket engine. Chamber pressure, 
300 pounds per square inch absolute. 
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